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VARIABLE-SWEEPTRANSITIONFLIGHTEXPERIMENT

Flight transition data applicable to swept wings at high subsonic speeds are
needed to makevalid assessments of the potential for natural laminar flow or laminar-
flow control for transports of various sizes at various cruise speeds. NASAinitiated
the variable-sweep transition flight experiment (VSTFE)to help establish a boundary-
layer transition data base for use in laminar-flow wing design. The carrier vehicle
for this experiment is an F-14 aircraft, which has variable-sweep capability. The
variable-sweep outer panels of the F-14 aircraft are being modified with natural
laminar-flow gloves to provide not only smooth surfaces but also airfoils that can
produce a wide range of pressure distributions for which transition location can be
determined at various flight conditions and sweepangles. As indicated in figure I,
the current plan is to fly two gloves in the program: glove I, which is a cleanup or
smoothing of the basic F-14 wing, and glove II, which has been designed to provide
specific pressure distributions at Mach0.7 (ref. I). A glove III was also designed
for Mach0.8 (ref. 2) but will probably not be flown (NASAexpects to lose custody
of the F-14 aircraft before glove III can be flown). The majority of the glove I
flight tests have been completed, and glove II flight tests are planned for spring and
summerof 1987. This paper briefly describes the VSTFEprogram and presents some pre-

liminary glove I flight results.
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F-lll/TACT NLF GLOVE 

The c a t a l y s t  fo r  t h e  p r e s e n t  VSTFE program w a s  t h e  encouraging r e s u l t s  from an 
earlier NASA f l i g h t  t es t  program, t h e  F-lll/TACT n a t u r a l  laminar flow (NLF) experi-  
ment (refs. 3 and 4 ) .  The NLF f l i g h t  tes t  program provided t h e  f i r s t  d e f i n i t i v e  
f l i g h t  r e s u l t s  on t h e  e f f e c t s  of wing sweep on boundary-layer t r a n s i t i o n .  
s u p e r c r i t i c a l  NLF a i r f o i l  w a s  "gloved" around t h e  r i g h t  wing panel  of t h e  F-lll/TACT 
a i r c r a f t  ( f i g .  2) .  
mately 6 f t  and a chord of 10 f t .  
d a t a  w e r e  ob ta ined  a t  sweep angles  as high as 26O. 
s i t i o n  occurred a t  about 55-percent chord ( t r a n s i t i o n  Reynolds numbers of about 
15 x IO6), b u t  f o r  a 26O sweep, t r a n s i t i o n  occurred i n  the  10- t o  20-percent chord 
range. 
cons t ruc t ion  techniques f o r  making l a r g e  contour modif icat ions t o  m e t a l  wings from 
foam and f i b e r g l a s s  ( r e f .  5 ) .  

A complete 

Th i s  glove, made of foam and f i b e r g l a s s ,  had a span of approxi- 
Although t h e  glove w a s  designed f o r  a loo  sweep, 

A t  sweep angles  near  l o o ,  t r an -  

In  add i t ion  t o  provid ing  t r a n s i t i o n  da ta ,  t h i s  program helped develop the  
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F-Ill/TACT NLF ENHANCEMENT OF BOUNDARY-LAYER

STABILITY PREDICTION METHODS

In the past, semiempirical transition prediction methods have been enhanced by

correlating boundary-layer stability theory with experimentally obtained transition

data from the F-Ill/TACT NLF flight test program (refs. 3 and 6). The computational

approaches generally utilize linear noninteracting boundary-layer stability analysis

conducted for the Tollmien-Schlichting (T-S) and cross-flow (C-F) disturbances. The

natural log of the most amplified disturbance growth, or N factor, of each type is

then correlated to empirically derived limits to assess the likelihood of transition.

In one approach, (refs. 3, 6, and 7), analytically derived T-S N factors and

C-F N factors for stationary disturbances are correlated with experimentally derived

transiton locations obtained from F-Ill/TACT NLF results. The resultant S-shaped

(cross-hatched) region in figure 3 indicates the combined T-S and C-F N-factor values

for which transition is determined to occur. Consequently, this method predicts that

transition will occur when any combination of T-S and C-F N factors reaches the values

defined by the S-shaped region in figure 3.

Prior to the F-111/TACT NLF flight experiment, it was suggested (ref. 8) that a

linear coupling existed between T-S and C-F disturbances. The relationship between

the linear coupling and the S-shaped F-Ill/TACT NLF criteria indicates that the

adverse effect of wing sweep is not as severe at higher sweep angles as had been

originally assumed.

Another approach (ref. 9) also uses linear noninteracting boundary-layer sta-

bility theory. However, the calculations are conducted for stationary and non-

stationary C-F and T-S disturbances, and transition is presumed to occur when growth

of either disturbance has reached a certain N factor. Some previous correlations

(refs. 10 and 11) with experimental data indicate that the value of N at transition

should be in the range of 9 to 12 if all variables are taken into account.

The F-Ill/TACT NLF experiment was originally designed for a leading-edge sweep of

10 ° . The data were obtained for only one airfoil shape, and data defining the lower

right-hand portion of the S-shaped curve were limited. More follow-on variable-sweep

experimental data were needed for different airfoil shapes. Unfortunately, the F-111

aircraft used for the previous experiment was committed to another program and was

unavailable for laminar-flow experiments. Consequently, another variable-sweep

aircraft was sought.

Figure 3
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F-14 VSTFE AIRCRAFT DESCRIPTION 

An F-14 a i r c r a f t  w a s  chosen as t h e  carrier veh ic l e  f o r  t he  VSTFE program, pri- 
mar i ly  because of i ts  variable-sweep c a p a b i l i t y ,  Mach and Reynolds number c a p a b i l i t y ,  
a v a i l a b i l i t y ,  and f avorab le  wing p res su re  d i s t r i b u t i o n  ( r e f .  12). A laminar-flow 
glove (glove I )  was i n s t a l l e d  on t h e  upper s u r f a c e  of t h e  l e f t  wing panel  ( f i g .  4). 
The s tandard  radome on t h e  a i r c r a f t  w a s  rep laced  with a f l i g h t  tes t  radome t h a t  
incorpora ted  a f l i g h t - t e s t - q u a l i t y  P i t o t - s t a t i c  probe equipped with alpha and be ta  
vanes ( r e f .  13). The cockpi t  of t he  a i r c r a f t  w a s  equipped with a s p e c i a l  d i sp l ay  
t h a t  allowed f o r  t r a j e c t o r y  guidance s i g n a l s  t o  be upl inked and d isp layed  t o  t h e  
p i l o t  i n  real t i m e  ( r e f .  14). With t h e  laminar-flow glove i n s t a l l e d ,  t h e  wing sweep 
c a p a b i l i t y  was r e s t r i c t e d  t o  a range of 20° t o  35O leading-edge sweep, and t h e  f l a p s  
and s l a t s  were locked i n  a n  up pos i t i on .  
f o r  t hese  f l i g h t  tests. A 1 5 O  leading-edge sweep w a s  s imulated by s i d e s l i p p i n g  t h e  
a i r c r a f t  5O a t  20°  sweep, r e s u l t i n g  i n  an equiva len t  sweep of 15O. 

The b a s i c  a i r c r a f t  glove vanes w e r e  d i sab led  

Figure 4 
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GLOVE I CONSTRUCTION

Glove I was installed to provide an equivalent "sailplane finish" on the existing

F-14 wing. It was determined that the extra thickness of the glove would have only a

minor influence on the pressure distribution shape or thickness/chord ratio. The

glove wraps around the wing leading edge (disabling leading-edge slats), extends aft

to just forward of the spoiler hinge line (approximately 60-percent chord), and

covers most of the span (fig. 5). The glove was constructed by applying a constant-

thickness foam and fiberglass surface over the existing wing skin (a method similar

to that described in ref. 5). The glove was approximately 0.65 in thick, initially

consisting of one layer of fiberglass, 0.5 in of polyurethane foam, six layers of

fiberglass, and a finish of polyester body filler and paint. During the flight enve-

lope verification flights, small surface cracks developed in the glove. These cracks

probably resulted from lateral stick rap maneuvers performed for structural excita-

tion during the flutter clearance phase of the flight test. To repair these cracks,

one additional layer of fiberglass was applied over the surface of the glove. The

final glove incorporated this one additional layer of fiberglass and a finish of

polyester body filler and paint.

_-Glove lower
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x/c = 0.05

Total

thickness = 0.65 in

upper
surface termination
xlc -- 0.6

Body filler
/ /'-Six

layer _oam
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fiberglass

112 in thick

Figure 5
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GLOVEI WAVINESSMEASUREMENTS

Figure 6 presents surface curvature measurementsfor three wing stations on
glove I. These measurementswere taken with the wing unloaded (zero load) and with
the wing jacked from the lower surface to simulate a 1-g loaded condition, which was
the condition for most of the flight tests. The measurementswere obtained with a
mechanical deflection dial gauge having support feet 2-in apart. The dial gauge was
equipped with a wheel from which the distance along the glove surface could be deter-
mined. The outputs from both the dial gauge and the wheel were automatically plot-
ted when the unit was manually movedacross the surface. Becauseof the long chord
lengths involved, two people were required to makethe measurements; this resulted
in an apparent roughness at the gauge "handoff" locations. In general, the glove
is not as smooth in the simulated 1-g loaded condition as in the unloaded condition;
however, even for this case, the wave amplitudes are within 0.002 in/in, the crite-
rion specified for glove construction.
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GLOVEI PLANFORMANDINSTRUMENTATION

The glove was instrumented as shownin figure 7. All sLgnals from the instruments
were recorded onboard the aircraft, and most were downlinke_ to a ground station for
real-time display and recording. Data from the pitot tubes, dynamic transducers,
strain gauges, skin temperature gauges, or accelerometers are not discussed in this
paper. The three rows of surface pressure orifices were located at butt line sta-
tions of 200, 260, and 320. The orifices were drilled thro_igh the glove surface into
small cavities built into the glove. Pressure lines were routed internally through the
glove to lower surface wing compartments, where the transducers were located. Each
boundary-layer rake consisted of 20 pitot tubes distributed along a 4-in strut, which
was slanted 30° from the surface of the glove. Pressure li_es were routed internally

through the glove to the lower surface wing compartments.

The locations of the five hot-film gauges varied from flight to flight. Each was

oriented streamwise to the flow for a wing sweep of 20 ° . To alleviate interference

between the hot-film gauges, they were placed along a line Driented 30 ° to each ori-

fice row (30 ° to the streamline at 20 ° sweep). Electrical _ires from the hot-film

gauges were routed externally along the glove surface to wing compartments. Addi-

tionally, the output signals were monitored in real time in the F-14 cockpit using an

intercom audio system. This system allowed the pilot to afEect transition location

through the modification of either flight path or wing swee_.

Wing leading /--Hot films

edge_

! _ _) lO-percent chord \

Surface )/j_ "_30 "_, I

pressure j / _ _40 "_.._
orifices " _ _ 50 _/

Boundary-layer rake -/

• Three rows of flush :static pressure orifices

• Three rows of surface pitot tubes

• Five hot-film gauges

• Two boundary-layer rakes

B.L. 135

60-percent

L_B.L. 130

/--Boundary-layer rake

Figure 7
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FLIGHTTEST ENVELOPE

Initial flights were designed to clear an operating envelope that was free from

flutter and to obtain an airspeed calibration. Flutter data were obtained during

stable Mach number and altitude conditions using control raps and natural turbulence

for vehicle excitation. Airspeed calibration data were obtained from an acceleration-

deceleration method and tower flybys (refs. 15 and 16). Maximum airspeed limit on

the aircraft with the glove installed was 450 knots indicated airspeed or Mach 0.9,

whichever occurred first (fig. 8). Reynolds number could be varied from approximately

1.0 x 106 ft -I to 4.0 x 106 ft -I , or a minimum and maximum chord Reynolds number of

5.0 x 106 to 34.0 × 106 , respectively.
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TYPICALFLIGHTTESTMANEUVERSAND
UPPERSURFACEPRESSUREDISTRIBUTIONS

Laminar-flow data flights were conducted within the cleared envelope. First,
coarse-resolution survey flights were conducted, followed by more detailed surveys
to establish transition location as a function of wing sweep, angle of attack, Mach
number, and Reynolds number (altitude). Maneuvers performed during the coarse-

resolution survey flights consisted primarily of trim points and level turns. The

level turns were used to obtain data at greater than 1-g trim angle of attack, par-

ticularly at low altitudes (high dynamic pressure). Figure 9 presents typical butt

line (B.L.) 260 (middle test section) pressure distributions at trim angle of attack

and Mach numbers of 0.7 and 0.8. The most notable characteristic is the change in

the leading-edge pressure gradient ACP/_(x/c) and pressure distribution shape with

Mach number. At Mach 0.7 the gradient is less steep and becomes mildly adverse near

30-percent chord (x/c = 0.3), whereas at Mach 0.8 the favorable pressure gradient is

much steeper and extends to 50-percent chord (x/c = 0.5), where a shock wave occurs.

One undesirable characteristic of the pressure distribution at Mach 0.7 is the for-

mation of an adverse pressure gradient near the leading edge with increasing angle of

attack. This adverse gradient precludes laminar flow aft of the leading edge region.

However, it was possible to alleviate these undesirable characteristics by performing

a pushover maneuver, as described in the discussion of figure 10.
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PUSHOVERMANEUVER

At certain combinations of Machnumber, wing sweep, and altitude, it was necessary
to perform a pushover maneuver to obtain a suitable pressure distribution on the glove
A smoothpushover maneuver that fulfilled these requirements was developed. Figure 10

shows typical time histories of angle of attack, altitude, and Mach number during such

a pushover maneuver. For this example, trim angle of attack was approximately 2.0 ° ,

and desired angle of attack was 0.5 ° . The maneuver was started with a pullup at a

flight condition slightly below the desired altitude and slightly above the test Mach

number. The pull-up was followed by a pushover to the desired angle of attack, and

conditions were maintained for approximately 10 sec before a recovery pullout was

initiated. The ability to develop and perform this maneuver was attributed primar-

ily to the real-time cockpit display.

A = 25 °, M = 0.8, Hp = 35,000 ft
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Figure l0
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HOT-FILMANEMOMETERAND
PRESSUREDISTRIBUTIONRESULTS

Hot-film anemometerinterpretation was the primary method for determing transi-
tion location. Typically the hot-film gaugeswere located at I0-, 20-, 30-, 40-, and
50-percent chord on a particular test section. Outputs were plotted on a strip chart

as functions of time. Two types of time histories were obtained: One consisted of

low-frequency response plots displayed in real time in the c round station. The other

consisted of high-frequency response plots that were made postflight. Signals origi-

nating in areas of laminar flow were of lower amplitude or quieter than those origi-

nating in areas of turbulent flow (fig. 11). Additional indicators were spikes in

the output signal; spikes in a direction of positive voltage indicated a mostly lami-

nar signal with occasional turbulent bursts, and spikes in a direction of negative

voltage indicated a mostly turbulent signal with occasional laminar bursts. Maximum

occurrence of these spikes was at peak transition, or the region where the flow is

most unstable. The real-time ground station plots were generally acceptable for

determining transition location; however, in some cases the high-frequency response

plots were needed for clarification.

-1.6

-.8

Cp 0

.8

1.6

Time

000 0 0 0 0 0

_)OOOO Approximate beginning of _ O

) adverse pressure gradient--
m

I I I I I J

Laminar sig_._ Turbulent

signal

0 .1 .2 .3 .4 .5

x/c

M =0.8

A = 25 °

Hp = 35,000 ft

Relft = 2.0 x 106

o, = 1.4 °

Hot-film output
signals

I
.S

Figure ii

831



DETERMINING T R A N S I T I O N  LOCATION 
FROM BOUNDARY-LAYER MEARUREMENTS 

Boundary-layer p r o f i l e  measurements w e r e  used as a secondary source f o r  de t e r -  

T r a n s i t i o n  l o c a t i o n  w a s  determined by measuring t h e  boundary- 
mining approximate t r a n s i t i o n  l o c a t i o n  and as a source f o r  determining s k i n - f r i c t i o n -  
r e l a t e d  parameters. 
l a y e r  t h i ckness  6 as a func t ion  of angle  of a t t a c k  €or a given sweep angle ,  Mach 
number, and a l t i t u d e  a t  va r ious  forced t r a n s i t i o n  loca t ions .  Comparing t h e  c l e a n  
wing r e s u l t s  ( n a t u r a l  t r a n s i t i o n )  w i th  t h e  c a l i b r a t i o n  d a t a  (where t r a n s i t i o n  w a s  
f o r c e d  wi th  g r i t  strips us ing  t h e  method descr ibed  i n  r e f .  17) provided an ind ica-  
t i o n  of t h e  e x t e n t  of laminar flow achieved on t h e  tes t  s e c t i o n  ( f i g .  1 2 ) .  

6, 
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-65 r 
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Figure  12 
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FLOWVISUALIZATIONRESULTS

A flow visualization technique utilizing liquid crystals provided encouraging
results. The technique was similar to that described in r_ference 18; a liquid
crystal chemical in an oil base was applied with a brush tc the wing glove surface
prior to takeoff. However, the chemicals used in this case were primarily sensitive
to shear. These chemicals provided results over a wider a]titude and speed range
than the temperature-sensitive chemicals used in reference 18.

For the flow visualization flights, the middle test section (station 2) was re-

finished with black paint to provide contrast with the liquid crystals. Photographs

of the liquid crystal patterns were taken from a chase aircraft flying in close for-

mation. Figure 13 presents a photograph of the liquid cryEtal patterns on the middle

test section along with pressure distribution and hot-film anemometer traces for

Mach 0.7, an altitude of 20,000 ft, and an equivalent wing sweep of 15 ° . The contrast

change appears in the photo at 35-percent chord, indicatin_ ' an abrupt change from

laminar to turbulent flow. A wedge-shaped pattern emanateE from the leading-edge

region near the outboard portion of the test section. The wedge is a small region of

turbulent flow believed to be caused by a surface discontinuity, such as dirt or an

insect impact. The wedge is located forward of the 30-percent chord hot-film gauge

with the edge of the wedge near the 20-percent chord hot-film gauge. The photo-

graphic observations are consistent with information from the pressure distribu-

tion and hot-film anemometer traces. The pressure distribution shows an adverse

pressure gradient beginning at about 30-percent chord, indicating that the laminar

boundary layer exists approximately 5-percent chord beyond the beginning of the

adverse gradient. The hot-film anemometer traces indicate a laminar signal at

10-percent chord, an intermittent (but mostly laminar) signal at 20- and 30-percent

chord, and a turbulent signal at 40- and 50-percent chord. The intermittent signal

probably results from the turbulent wedge.
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FLOW VISUALIZATION RESULTS 

= 150, (j = -50 
equiv A = 200, A 

CY = 0 . 7 O  

', M = 0.7, H = 20,000 ft 
P 

Pressure distributions 
B.L. 200 B.L. 260 - .8 

cP 0 

.a 
0 .4 .8 0 .4 .8 

xlc xlc 

Hot-film signals 

sec 

0 
.I .3 .5 

xlc 

Figure 1 3  

834 



ELOW VISUALIZATION RESULTS 

Figure 14 p r e s e n t s  another  photograph of t h e  l i q u i d  c r y s t a l  p a t t e r n s  on t h e  
middle t e s t  s e c t i o n  with t h e  corresponding p res su re  d i s t r i b u t i o n  and hot-f i lm ane- 
mometer trace f o r  Mach 0.8,  an a l t i t u d e  of 25,000 f t ,  and a wing sweep of 2 0 ° .  The 
c o n t r a s t  change i n  t h i s  photograph occurs  i n  a sawtooth p a t t e r n  between 10- and 20- 
p e r c e n t  chord. 
The p res su re  d i s t r i b u t i o n  shows a f avorab le  p r e s s u r e  g rad ien t  e x i s t i n g  t o  about  50- 
p e r c e n t  chord, i n d i c a t i n g  t h a t  t h e  laminar boundary l a y e r  undergoes t r a n s i t i o n  for -  
ward of t h e  adverse g rad ien t ,  which is  t h e  l i k e l y  r e s u l t  of cross flow. The hot-f i lm 
anemometer traces i n d i c a t e  a laminar s i g n a l  a t  10-percent chord and t u r b u l e n t  s i g n a l s  
a t  20-, 30-, 40-, and 50-percent chord. The traces are c o n s i s t e n t  with t h e  l i q u i d  
c r y s t a l  p a t t e r n .  

Th i s  i n d i c a t e s  spanwise v a r i a t i o n  from laminar t o  t u r b u l e n t  flow. 

A = 20°, M = 0.8, Hp = 25,000 ft , a = 0 . 2 O  
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TYPICAL DETERMINATION

OF TRANSITION LOCATION

Using hot-film anemometer and boundary-layer measurements, transition location

was plotted as a function of angle of attack. Figure 15 shows a typical transition

location plot at Mach 0.7, an altitude of 35,000 ft, and a wing sweep of 20 ° for the

three test sections of the glove. The chord location of the beginning of the adverse

gradient, shown as a dashed line in the figure, was obtained from analysis of data

such as those presented in figure 9. For the middle and outboard test sections (sta-

tions 2 and 3), transition occurred at 40- to 50-percent chord (x/c = 0.4 to 0.5) for

angles of attack below about 1.75 ° . The scatter in the data at station 2 for the

more aft transition location (x/c = 0.4) was typically ±5-percent chord. It is inter-

esting to note that transition occurred approximately 10-percent chord aft of the

adverse pressure gradient on the middle and outboard test sections. The most aft

transition on the inboard section occurred at slightly greater than 30-percent chord

(x/c = 0.3). On all three test sections the data indicate a forward movement of

transition location with increasing angle of attack. This is attributed to the pre-

viously mentioned localized adverse pressure gradient that occurs with increasing

angle of attack. For example, at the middle test section (station 2), for this Mach

number and wing sweep, a strong adverse pressure gradient formed at about 20-percent

chord for 1.75 ° angle of attack, moving the transition location to about the 20-

percent chord (x/c = 0.2) location.

It should be noted that the Mach 0.8 pressure distribution, as shown in figure 9,

provided a favorable pressure gradient extending to about 50-percent chord (x/c =

0.5), where a shock wave occurred. The position and steepness of the adverse leading-

edge gradient could be controlled in flight with Mach number, within the range of

the Mach 0.7 and 0.8 pressure distributions shown in figure 9.
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EFFECT OF WING SWEEP ON

TRANSITION LOCATION AT MACH 0.7

Figure 16 presents the most aft or optimum* transition location as a function of

wing sweep for two altitudes at Mach 0.7. The data were obtained from results typical

of those presented in figure 15 at the angle of attack at 9_ich the most aft transi-

tion occurred. For example, at 35,000 ft for the middle arid outboard test sections

(stations 2 and 3), the transition location varied from 45-percent chord at 20 ° wing

sweep, to 35-percent chord at 35 ° wing sweep. For the inboard test section (sta-

tion I), transition location varied from 32-percent chord _t 20 ° wing sweep to 10-

percent chord at 35 ° wing sweep. The more forward transition location on the inboard

test section is attributed to a less favorable pressure distribution and increased

chord Reynolds number.

*Optimum refers to the most aft transition location observed from hot-film ane-

mometer and boundary-layer measurements at these condtions (Mach number and wing

sweep), but not necessarily the most aft obtained at cther conditions (other

Mach numbers and wing sweeps).
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EFFECT OF WING SWEEP ON

TRANSITION LOCATION AT MACH 0.8

Figure 17 presents optimum transition location as a function of wing sweep for

two altitudes at Mach 0.8. The results are generally similar to those presented in

figure 16, with the exception that wing sweep has a more pronounced effect on tran-

sition location. For example, on the middle test section (station 2) transition is

aft of 50-percent chord at 20 ° wing sweep and moves forward to 10-percent chord at

35 ° wing sweep. The increased effect of sweep is attributed to the steeper leading-

edge pressure gradient at Mach 0.8, which increases the likelihood of cross-flow-

type disturbances.
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TRANSITION REYNOLDS NUMBER

AS A FUNCTION OF WING SWEEP

Figure 18 presents transition Reynolds number as a function of wing sweep at

Mach 0.7 and 0.8. Maximum transition Reynolds number of approximately 13 x 106

occurs on the middle test section at a wing sweep of 15 ° for both Math 0.7 and 0.8

data. It is interesting to note that transition Reynolds n_mber decreases almost

linearly with wing sweep at Math 0.8. This is attributed t9 the highly favorable

pressure gradient at this Mach number. The extent of this highly favorable pressure

gradient (fig. 9) and the fact that transition occurred forward of the adverse pres-

sure gradient are probably due to Reynolds-number-related p_enomena, such as cross-

flow disturbances. For the Mach 0.7 data, transition Reynolds number decreases in a

nonlinear fashion with wing sweep. This is attributed to the less favorable pressure

gradient at Mach 0.7 and to the more forward location of th_ adverse gradient, con-

ditions that allow transition to occur sometimes because of the adverse gradient and

sometimes because of Reynolds-number-related phenomena in ti%e favorable gradient,

such as cross-flow disturbances.
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VISCOUSDRAGREDUCTION

Another interesting parameter available from the boundary-layer profile measure-

ments is momentum thickness, which is an indicator of the viscous losses in the

boundary layer. Figure 19 presents momentum thickness @ as a function of transi-

tion location at Mach 0.7 and a wing sweep of 20 ° • These data were obtained during

boundary-layer rake calibration by forcing transition at known locations (see discus-

sion of fig. 12). Maximum reductions in viscous losses were obtained at the higher

altitudes (35,000 ft), as might be expected. For the outboard test section, e varies

from 0.033 at a transition location of 45-percent chord to 0.078 at a transition loca

tion of 10-percent chord. This change in 0 results in a 58-percent reduction in vis-

cous drag on the first 55-percent chord of the upper surface. Two qualifying state-

ments apply to this viscous drag reduction: First, this experiment was not intended

to be a complete airfoil test; that is, only the forward 60-percent portion of the

upper wing surface is gloved, and these results indicate an optimum reduction on

the upper surface of only one test section. Second, these results were not attained

at working lift coefficients; that is, the pushover maneuver was required to attain

the conditions that would provide extensive laminar flow. However, there is no rea-

son to expect that an airfoil contoured specifically for high-altitude lift coef-

ficients could not attain comparable amounts of laminar flow at working, or cruise,

lift coefficents.
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TYPICAL CASES FOR DETAILED ANALYSIS

During the course of the glove I flight tests, interesting results often

occurred. An example is shown in figure 20, which presents three pressure distribu-

tions for a wing sweep of 30 ° , along with transition locations obtained from hot-film

anemometer data. It is interesting to note the significant change in transition

location as a result of small changes in angle of attack. For example, at an angle

of attack of 0.8 ° , transition is between 20- and 30-percent chord; a change of

approximately 1.5 °, to an angle of attack of 2.3", moves transition aft to between

40- and 50-percent chord. This change in transition location is attributed to the

change in the leading edge pressure gradient, as shown in figure 20. The change in

leading edge pressure gradient most likely changes the amplification of cross-

flow disturbances.

Nineteen of these interesting cases, including those discussed here, have been

selected and made available for detailed analysis. These cases will be discussed in

detail in another paper from this conference (ref. 6).
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Concluding Remarks

• Majority of Glove 1 (cleanup) flight test have
been completed

• VSTFE construction, instrumentation, and test
techniques have been established

• Transition location from various methods correlate

• Preliminary results indicate a maximum transition

Reynolds number of approximately 13 x 106 at 15 °

sweep and 5 x 106 at 35 ° sweep

• 19 cases selected for detailed analysis

• F-14 and associated real-time capability have
proved to be a valuable laminar flow research
facility

• Glove 2 will be tested
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